
ABSTRACT
In this work, stress-based and fracture mechanics criteria were developed to predict initiation and
evolution, respectively, of intra- and inter-laminar cracking developed in composite laminates
subjected to low velocity impact. The Soutis shear stress-strain semi-empirical model was used
to describe the nonlinear shear behaviour of the composite. The damage model was implemented
in the finite element (FE) code (Abaqus/Explicit) by a user-defined material subroutine (VUMAT).
Delamination (or inter-laminar cracking) was modelled using interface cohesive elements and the
splitting and transverse matrix cracks that appeared within individual plies were also simulated
by inserting cohesive elements between neighbouring elements parallel to the fibre direction in
each single layer. A good agreement was obtained when compared the numerically predicted results
to experimentally obtained curves of impact force and absorbed energy versus time. A non-
destructive technique (NDT), penetrant enhanced X-ray radiography, was used to observe the
various damage mechanisms induced by impact. It has been shown that the proposed damage
model can successfully capture the internal damage pattern and the extent to which it was
developed in these carbon fibre/epoxy composite laminates. 
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NOMENCLATURE
dt Tensile damage variable
dc Compressive damage variable
GT Tensile fracture toughness, kJ/m2

GC Compressive fracture toughness, kJ/m2

G0 Shear modulus, GPa
K Interface normalized stiffness, GPa/mm
l* Characteristic length, mm
N, S, T Interlaminar normal and shear strengths, MPa
S12 In-plane shear strength, MPa
S23 Out-of-plane shear strength, MPa
SA

23 Transverse shear strength in fracture plane, MPa
T(α) Transformation matrix
XT Fibre tensile strength, MPa
XC Fibre compressive strength, MPa
YT Matrix tensile strength, MPa
α Orientation of the fracture plane
β Mode mixity ratio
δ Displacement
ε0 Strain for damage initiation
εf Strain for completed damage
η Power law
σ Stress tensor, MPa
κ Shear factor
τ Shear stress, Mpa
γ Shear strain
μ Friction coefficient

1.0 INTRODUCTION
Polymer composite structures mainly consist of a resin system (thermoset or thermoplastic matrix)
reinforced by continuous fibres (carbon, glass or aramid) and exhibit a relatively brittle behaviour
and complicated damage patterns that develop internally and are thus difficult to detect(1,2). When
a composite laminate is subjected to static or fatigue loading, internal damage occurs in the form
of resin cracking and delamination that leads to loss of stiffness and eventually load-carrying
capability when fibres break. Thus, it is important to understand and model the progressive damage
of composite laminates in the design and fabrication of aircraft structural components(3). 

In general, damage to composite structures may result in two main failure modes: (i) Intralaminar
failure that occurs within a ply and can be expressed by modes such as tensile and compressive
fibre breakage(4,5), tensile and compressive matrix damage(6) and damage between the fibre and
matrix interface (splitting or debonding). Matrix cracking and fibre/matrix splitting have been
recognised as resin dominated damage modes and have been studied extensively. (ii) Interlaminar
failure (delamination) that occurs between neighbouring plies, which is initiated by intralaminar
damage such as transverse ply cracking(7-12). 

Damage mechanisms for a thin plate subjected to impact loading can be categorized as low and
high velocity scenarios; perforation is more likely to occur during a high velocity impact of a thin
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plate, while for a low velocity impact there is a sufficiently long contact duration to introduce
internal matrix cracking, delamination and fibre breakage that spreads over a larger area(13). The
finite element (FE) technique has been considered for development of a numerical model that could
accurately describe the impact and predict the complex internal damage mechanisms in a relatively
short time. This approach is desirable for avoiding the considerably expensive and time consuming
process of performing the experiment. Constitutive models provided by several analytical studies
may form that basis for simulation of the complicated composite material behaviour(13-17). Recent
research, based on continuum damage mechanics (CDM), on modelling the damage of composite
laminates subjected to impact has been reported(15-18). This was initiated by the work of Kachanov(19)

and Rabotnov(20). In addition, Soutis et al(7,8) further developed the equivalent constraint model
(ECM)(9) of a damaged lamina to successfully predict the effect of matrix cracking and matrix crack
induced delamination on stiffness degradation. 

In this paper, the impact induced damage was modelled by implementing a user-defined 3D
damage model (VUMAT) with solid elements into the finite element code Abaqus/Explicit.
Interface cohesive elements were inserted between neighbouring plies to simulate delamination,
and also used to model the splitting and transverse matrix cracks by inserting them between
adjacent elements along the fibre direction with the assumption of equally spaced cracks as
illustrated in Fig. 1(21). 

An effective approach developed by Soutis et al(4,5) and validated by experiment has also been
used to describe the nonlinear shear behaviour of the laminate that affects the depth of indentation
during the impact event. A general contact algorithm was defined with appropriate contact pair
properties to simulate the contact between impactor and composite plate surface, and the contact
between layers. The numerical results from the simulation were evaluated by comparing with
experimental measurements and observations and this demonstrated the ability of the proposed
damage modelling approach to predict the type and extent of impact induced damage.

2.0 COMPOSITE DAMAGE MODEL FOR IMPACT

2.1 Damage initiation and evolution

Damage modelling in composites can be studied either by stress or strain-based failure criteria
approach or following damage mechanics concepts. The polynomial failure criteria, such as the
Tsai-Wu or Tsai-Hill, based on the equivalent stress or strain are usually employed to describe the
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Figure 1. A schematic of a cross-ply laminate with transverse matrix cracks
(21)
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failure envelope of any given multidirectional laminate subjected to multi-axial loading. However,
the damage mechanisms as different modes cannot be clearly characterised using the polynomial
failure criteria. 

Hashin proposed a failure criterion for a unidirectional composite as a ply-by-ply method to
separately model four distinct failure modes: failure of fibres in tension and compression and matrix
tensile and compressive failure(22,23). Hashin failure criterion has been used extensively in industry,
although it cannot accurately predict the matrix compressive failure initiation. Thus, in the present
study, the Hashin criterion is used to estimate the fibre and tensile matrix damage initiation, while
the damage model developed by Puck and Schurmann(24) is used to model matrix compressive
failure, i.e.

Fibre tensile failure (σ^l1 ≥ 0):

Fibre compressive failure (σ^l1 < 0):

Matrix tensile failure (σ^22 ≥ 0):

Matrix compressive failure (σ^22 < 0):

In Equations (1-4), σ^ij(i, j = 1, 2, 3) is the effective stress tensor, XT and XC denote the tensile and
compressive strengths of the unidirectional composite laminate in the fibre direction, YT is the
tensile in the transverse direction, Si,j (i, j = 1, 2, 3) denotes the longitudinal and transverse shear
strengths of the composite, respectively. The coefficient κ in Equation (1) accounts for the contri-
bution of shear stress on fibre tensile failure, which is ignored in the present study. In Equation
(4) σij (i, j = L, T, N) is the stress tensor σij (i, j = 1, 2, 3) rotated to the fracture plane by using the
transformation matrix T(α):

σLTN = T(α)σ123T(α)T . . . (5)

SA
23 is the transverse shear strength in the fracture plane, which can be determined by the transverse

compression strength and the angle of fracture plane. The key concept of Puck’s failure criterion
is to determine the inclination or orientation of the fracture plane by calculating the angle, α, as
shown in Fig. 2. 

In order to predict damage development in the laminate, a stiffness degradation rule needs to
be defined. The damage evolution procedure is based on a strain failure criterion where the strain

1334 THE AERONAUTICAL JOURNAL DECEMBER 2012

. . . (1)

. . . (2)

. . . (3)

. . . (4)

3860:New Resized Aero Journal 2012  04/12/2012  13:37  Page 1334

https://doi.org/10.1017/S0001924000007661 Published online by Cambridge University Press

https://doi.org/10.1017/S0001924000007661


tensor is continuously updated with increasing load for each material point associated with each
different failure mechanism. 

According to previous work(15-17), the stresses in the fibre direction are predominantly carried
by the fibres because of their high stiffness and strength. When the damage initiation criterion is
met, Equations (1) and (3), the material properties are gradually degraded, by using the following
damage variable where for fibre and matrix tensile failure is expressed as:

where the subscript 1 and 2 denote the fibre and transverse direction, respectively; ε0T
1,2 is the tensile

strain for damage initiation. Due to the irreversibility of the damage variable, the strain calculated
at each time step is defined as ε1,2 = max(ε1,2,ε0T

1,2) in Equation (6). In order to avoid zero or negative
energy absorption due to damage, the final failure strain needs to be greater than the initial failure
strain, i.e. ε fT

1,2 > ε0T
1,2. ε fT

1,2 denotes the tensile strain at final failure at which the damage variable is
equal to one. The ε fT

1,2 is derived from the fracture toughness GT
1,2C associated with fibre (1) or matrix

(2) tensile failure, the failure strength of the material (XT or YT) and the characteristic length l*:

where l* is the characteristic length that would keep a constant energy release rate per unit area
of crack and make the final results independent of FE mesh size. In this work the approach
developed by Bažant and Oh(25) was used which has been shown to be computationally efficient
and to work reasonably well for solid elements(26) and for a solid element l* is given by
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Figure 2. Fracture plane for matrix compressive failure relative to material co-ordinate system.
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Similarly, the compressive damage variable can be expressed in the same way. However, it is
noticed that for matrix compressive failure, the damage evolution should be effectively predicted
under the fracture plane defined rather than the plane in global coordinate. 

2.2 Delamination using interface cohesive elements

In the work by Camanho and Dávila(27) a stress based failure criterion to predict damage initiation
was employed, while delamination propagation was based on fracture mechanics concepts where
an interface element was introduced between each ply of the composite laminate. The stress failure
criterion used to estimate the delamination onset is given by: 

where σi (i = n, s, t) denotes the traction stress vector in the normal n and shear directions, s and
t, respectively, while N, S and T are defined as the corresponding inter-laminar normal and two
shear strengths. 

The traction stress σi can be calculated as given in the Abaqus manual(28) using the stiffness in
Modes I, II and III and the opening and/or sliding displacements δi:

σi = Ki, δi, i = n,s,t . . . (10)

Once the damage initiation criterion has been reached, the material stiffness is gradually degraded
in terms of a damage variable d. Its values range from zero when damage initiates to one (d = 1)
when complete delamin`ation has occurred in the interface element. The failure criterion to
predict delamination propagation under mixed-mode loading is expressed in terms of the energy
release rates associated with Modes I, II and III. For a linear softening process the damage variable
d for delamination evolution is defined as:

where δm
max refers to the maximum value of the mixed-mode displacement attained during the

loading history. The δm parameter corresponds to the total mixed-mode displacement (normal,
sliding, tearing) given by:

In Equation (11) δm
f is the mixed-mode displacement at complete failure and δm

0 is the effective
displacement at damage initiation. A Benzeggagh–Kenane (BK) fracture energy based criterion(27)

can be used to define the mixed-mode displacement for complete failure, δm
f:

where η is the B-K power law parameter that can be determined using a least-square fit from a 
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set of mixed-mode bending experimental data;             with ξ taking values between zero 

and one. When ξ = 0 fracture is mode I driven, while as ξ→1 is Mode II dominated (and this is 

also the case when η = 0). β is the mode mixity ratio           . 

A typical linear traction-separation model used for fracture Modes I, II and III is shown in Fig.
3. Initially, the linear elastic response is represented using the stiffness Ki (i = n, s, t). Once the
normal or shear tractions reach the corresponding inter-laminar normal and shear strengths,
delamination will be initiated and then the stiffness will start to degrade linearly according to the
damage evolution variable d given by Equation (11).

2.3 Nonlinear shear behaviour

In general composite laminates always show a nonlinear and irreversible shear behaviour
according to the experimental observations. There are several approaches to model the nonlinear
shear behaviour of the composite laminate published in the literature such as continuum
theories of plasticity(29), continuum damage mechanics(30), or combination of these two
methods(31). In this paper, a semi-empirical expression developed by Soutis et al(4,5) is used to
represent the nonlinear shear response.. The nonlinear shear stress-strain relations are expressed
by Equation (14):

The ultimate shear strength Si,j and the elastic shear modulus G0
i,j, both of which are composite

materials constants and readily measurable, are required for implementation in the FE program
that models the nonlinear shear behaviour of the composite.

The nonlinear shear damage is successfully simulated using a strain-based damage initiation and
evolution criterion as shown Fig. 4. The strain in this nonlinear shear model is decomposed into
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Figure 3. Typical traction-displacement relationship.
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two parts: elastic strain γ e
i,j and plastic strain γin

i,j. The inelastic strain is defined as:

where τi,j is the nonlinear shear stress corresponding to the different shear planes; G0
i,j is the original

shear modulus. Similarly, the criterion of initiation of shear failure is expressed in terms of the
nonlinear shear stress and maximum shear strength:

where τi,j is the shear stress at the given shear plane and Si,j indicates the relative ultimate shear
strength in that plane. The damage evolution law for the nonlinear shear modes is expressed by
the damage variable di,j:

3.0 EXPERIMENT AND SIMULATION FOR IMPACT

3.1 Impact test

Composite laminate plates with a thickness of 2mm were fabricated from carbon fibre/epoxy resin
prepreg with a stacking sequence of [0/90]2s. The prepreg was made from continuous unidirec-
tional high tensile strength carbon fibres (Tenax HTS40 12K 300) impregnated with Cycom®
977-2 epoxy resin, which is a typical high temperature curing aerospace grade system. The
laminates were autoclave cured following the manufacturer's recommended schedule and cut into
specimens measuring 100mm × 100mm.
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Figure 4. Nonlinear shear behaviour using the Soutis model with shear damage variable.
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The impact test was performed following the guidelines ASTM D7136/D7136M-07 standard(32).
The impactor had a hemispherical head of 15mm in diameter, and the tested panels were clamped
between two steel plates with a circular exposed area of 75mm in diameter. A consistent impact
height 0.75m was used and the mass of the impactor was equal to 1, 1.5 and 2kg resulting in impact
energies of 7.35, 11.03 and 14.7J, respectively. Force data were logged from the impactor using
a high speed data acquisition unit. For each impact energy case there are at least three panels were
tested. 

3.2 Simulation of impact 

The impact event was simulated by the commercial code Abaqus/Explicit with the proposed failure
initiation and fracture criteria together defined by user subroutine VUMAT. Appropriate
geometrical models were built and kinematic and loading boundary conditions were defined to
represent the experimental set up.

3.2.1 Numerical model

A 3D FE model was built with detailed specifications and boundary conditions shown in Fig. 5.
The composite plate was made by the eight-node linear brick element as the unsupported circular
shape of 75mm in diameter followed the clamp design. At each ply interface, cohesive elements
were inserted with a thickness of 0.0075 mm and were used to model delamination initiation and
growth. The 2mm thick laminate consisted of eight plies with a ply thickness of 0.25mm in the
stacking sequence [0/90]2s. Global and local coordinates were defined to account for ply
orientations and correctly describe the laminate and material behaviour. The impactor was
modelled as a rigid body; the impact events were performed for the three energies mentioned earlier
and a prescribed initial velocity of 3.83 ms–1 was assigned to the impactor. Due to the large number
of elements used (34,500 in total of solid and extremely thin cohesive elements) in this numerical
model, the computation time was approximately 50 hours. 
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Figure 5. FE model used for the numerical simulation of the impact event.
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3.2.2 Material properties

Table 1 gave the material properties of single lamina(16,33). The values of fracture toughness for intra-
and inter-laminar damage modes were taken from the Refs 34 and 35. The properties of the
cohesive elements layers were defined in Table 2 including the values of the elastic modulus,
strength and fracture energy, respectively; the stiffness properties were normalised by the element
thickness. Damage evolution was taken into account as mixed-mode and the factor defined by
Benzeggagh–Kenane fracture energy law(27) was η=1.45, which was experimentally obtained. 

3.2.3 Contact algorithm

The general contact algorithm within Abaqus/Explicit was employed to define contact between
the impactor and impacted plate and between each neighboured plies of the laminate, respectively.
The contact forces based on the penalty enforcement contact method was generated and as a key
factor of contact pair properties the friction coefficient in this method was defined as a function
of fibre orientation(36-38). So for a 0°/0° interface the value of μ = 0.2 was reported, while a value
of 0.8 was suggested for the interface between neighbouring 90° plies. Thus, in the present analysis
an average friction coefficient of 0.5 was used between the 0°/90° interface of the cross ply
laminate. In addition, a similar contact algorithm was applied between the surface of the metal
impactor and the composite plate and a friction coefficient value of μ= 0.3 was used. It needs to
be said that these assumed μ values do have an effect on force time history and hence energy
absorbed prediction, so ideally should be measured for the system examined, something that is
planned for future work.
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Table 1
Material properties of the carbon fibre/epoxy unidirectional laminate(16,33)

Density (kg/m3) 1,600

Orthotropic properties E0
1=153GPa; E0

2 = E0
3 =10.3GPa; ν12 = ν13 = 0.3; ν23 = 0.4;

G0
12 = G0

13 = 6GPa; G0
23 = 3.7GPa

Strength (MPa) XT = 2,537; XC = 1,580; YT = 82; YC = 236; S12 = 90; S23 = 40

In-plane fracture GT
1C = 91.6; GC

1C=79.9; GT
2C = 0.22; GC

2C = 1.1; GS = 0.7
toughness (kJ/m2)

Table 2
Material parameters used in the interface cohesive elements(34,35)

Mode I Mode II Mode III

Normalised elastic modulus (GPa/mm) 1,373.3 493.3 493.3
Inrerlaminar strength (MPa) 62.3 92.3 92.3
Interlaminar fracture toughness (kJ/m2) 0.28 0.79 0.79
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4.0 RESULTS AND DISCUSSION

4.1 Impact force & energy

A typical experimentally and numerically obtained force-time history curve for impact energy of
14.7J is shown in Fig. 6(a). Initially some oscillations can be seen due to the elastic vibration
induced by the initial contact between the impactor and the composite laminate. After that,
intense oscillations start to occur near the peak force value that indicates that damage has
occurred. The impactor then bounces back and the load is gradually reduced. Figure 6(a) shows
a good agreement obtained between the numerical result and experiment, during the load phase
and the estimated maximum force of 3,917N, is slightly lower than that of the test value (4,605N). 

Many intense oscillations, highs and drops of force are experimentally observed near the peak,
and at approximately 2.2ms the larger force reduction seen can be attributed to the fibre breakage.
After the peak load is reached and the impactor starts to rebound the numerical result shows a
slightly higher value of load than the experimental and takes a longer time to reach zero. This
phenomenon may be due to contact forces between the delaminated plies after the cohesive
elements have been removed from the simulation as the composite plate returns to its original shape.
Other different impact energy conditions were also performed and the numerical model gave a good
correlation with experimental measurements(39).

The impact energy-time relationship under impact energy of 14.7J is presented in Fig. 6(b). The
initial kinetic energy of the impactor is transferred to the composite plate once contact is made.
During impact, part of this energy is absorbed by the plate in the form of elastic deformation (elastic
energy), while a larger amount is dissipated in the form of intra-laminar damage, delamination and
the friction between projectile/laminate and among neighbouring plies within the laminate. The
kinetic energy of the impactor will finish the completed transfer to the plate when its velocity
reaches zero. After this point, the absorbed elastic energy part of the plate is transferred back to
the impactor which causes it to rebound. Finally, the energy absorbed by the composite reaches
a stable value resulting from the damage and friction. It is clearly shown that a good prediction
of the impact energy is obtained from the numerical model when compared to experimental value
and the difference between them is less than 5%, suggesting that the assumptions made in the failure
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Figure 6. Experimental and numerical impact results at an impact energy level of 14.7J 
(a) Force-time history and (b) Energy-time history.

(a) (b)
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criteria can represent relatively accurately the experimental set up at this impact energy level. The
difference between the experimental and numerical energy values becomes bigger at lower applied
impact energy levels as can be seen in Table 3(39), suggesting that the extent of damage is
underestimated by the model.

4.2 Experimentally detected and numerically predicted damage 

Non-destructive evaluation (NDE) of the composite panel by penetrant-enhanced X-ray
radiography, shows transverse ply cracking, splitting and almost ‘peanut’ shaped delaminations,
as typically illustrated in Fig. 7(a) when it is impacted under 14.7 J. Figure 7(b) shows the predicted
overall damage as comparison, where all the delaminations are represented in rainbow colour
(while in print in different shades of grey); dark regions (red) indicate that the material has failed
completely while in the lighter grey areas the material comes closer to failure (failure criterion
hasn’t yet been reached). It is clearly seen that the predicted damage area from the numerical model
is well agreed with the measured delamination area by X-ray. The damage area obtained experi-
mentally and numerically for other impact cases was presented in Table 4(39). 

Figure 8 shows the permanent indentation captured by the numerical model. The predicted post-
impact indentation is similar in depth (1.059mm) to the actual damage observed (approximately
1.1mm) after the impact test. The permanent indentation is formed due to the internal damage
and nonlinear shear behaviour of the polymer matrix, where the inelastic shear strain mainly
contribute on a permanent indentation and this indentation could play an important role on the
performance of the compression after impact event. 

1342 THE AERONAUTICAL JOURNAL DECEMBER 2012

Table 3
Experimental and numerical values of absorbed impact energy(39)

Absorbed energy Difference 
Impact energy (J)        -------------------------------------------- between test and 

Experimental (J) Numerical (J) simulation (%)

7.35 5.5 4.49 18.36
11.03 7.1 6.02 15.21
14.7 9.52 9.08 4.62

Table 4
Measured and numerically predicted delamination area(39)

Delamination area (mm2)

Impact energy (J)   --------------------------------------------------------------------------------------

Experiment Simulation

------------------------------------------------------

Complete failure Delamination 

(d≥1) evolution (0<d≤1)

7.35 80.36 48 288
11.03 190.46 141 466
14.7 314 251 698
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4.3 Modelling matrix cracks and splitting under impact

As introduced in Section 1.0, in general, the matrix cracking is always recognised as the first resin
based damage mode observed in a composite laminate under quasi-static or dynamic loading. Thus
it is important to model it in the design of an aircraft structural component, since it may lead to
more critical damage, like delamination and fibre breakage. 

However, the current intra-laminar damage criteria can only predict the damage area and the
overall shape of each damage mode, but not individual cracks and splits that can occur within the
ply or at the fibre/matrix interface. Interface cohesive elements have been used to successfully
simulate the delamination that develops in the impacted composite laminate as described earlier
and in previous work by the authors(39). In this section, it is shown the intra-laminar damage criteria
of Equation (3) in Section 2.1 and the traction-separation law of interface cohesive elements
described in Section 2.2 can be used to model transverse matrix cracking and splitting; the
cohesive elements are inserted within the ply and between neighbouring finite elements along the
fibre direction at predetermined locations (crack spacing) as shown as Fig. 9.

Figure 10 shows the projectile dropped on a 100mm × 100mm square composite plate that is
fully clamped by metallic plates, simulating the experimental set-up. The full model is built because
the splitting or transverse cracks could unsymmetrically occur and the predicted results can be

SHI AND SOUTIS A FINITE ELEMENT ANALYSIS OF IMPACT DAMAGE IN COMPOSITE LAMINATES 1343

Figure 7. Experimentally measured and numerically captured damage under impact energy of 14.7J 
(a) X-ray radiograph and (b) numerically predicted image.

a b 

Figure 8. Permanent indentation predicted by numerical model after impact
(39)

.
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influenced by the clamping conditions. Both clamping plates with a hole of 75mm in diameter are
represented by shell elements and fixed to constrain the composite plate. Other specifications and
boundary conditions are consistent with the description in Section 3.2.1. Based on the experimental
observations, the numerical modelling is meshed with element size of 2mm that allows a
maximum crack or splitting density of five cracks/cm. Interface cohesive elements of zero
thickness are inserted between adjacent elements along the fibre direction in both 0° and 90° plies,
respectively; their elastic modulus and strength are important factors that affect the predicted results
and the modulus used is taken equal to 1 × 106 GPa/mm(40). The strength values related to intra-
laminar matrix tensile and out-of-plane shear strength are shown in Table 1, while other fracture
properties are presented in Table 2. 

Figure 11 shows the experimentally observed and numerically simulated splitting developed at
the bottom 0° ply of the [0/90]2s laminate where the maximum out of plane deflection occurs at
an impact event of 14.7J. It can be seen from this Fig. 11(b) that the splitting can be successfully
modelled, showing a damage pattern similar to that observed in the experiment, Fig. 11(a). The
splitting is formed due to large normal tensile and shear stresses, while its propagation is accurately
captured by the interface elements embedded within the ply. The fractured material strips created
by the splitting measure 76mm in length and 9mm in width, while they are predicted 72mm long
and 10mm wide by the numerical model, which can be considered as a good agreement. The
analysis in Fig. 11(b), shows regions in the ply where cracks and split started to grow but not yet
fully formed and hence not visible in the physical experiment. Thus, the numerical method can
be very valuable to help understanding the matrix crack formation and propagation in a composite
laminate during a dynamic loading event.

5.0 CONCLUSIONS
In this paper, the impact response and impact induced damage of a carbon fibre/epoxy composite
cross-ply [0/90]2s laminate has been experimentally and numerically investigated. A stress based
failure criterion was used to predict damage initiation while damage propagation in the form of
intra- and inter-laminar cracking is captured by implementing the user subroutine VUMAT of the
Abaqus/Explicit commercially available FE code. Delamination is considered as one of the
critical failure mechanisms that can substantially reduce the residual strength of the composite plate,
especially under compression(41,42), which makes its accurate prediction crucial in the design of
composite structures. In the present study, delamination was modelled by inserting cohesive
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Figure 9. Model matrix cracking or splitting in a single
ply with interface cohesive elements. 

Figure 10. Full impact FE model.
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element layers between adjacent plies while transverse matrix cracking or splitting were
successfully predicted by inserting the cohesive elements between neighbouring finite elements
at predetermined crack spacing inside each single ply. The nonlinear shear response of the
composite was also considered by using the Soutis et al shear model(4,5) and indentation depth and
damage progression compared favourably with the experimental results and observations. 

The peak force and energy were all accurately captured in the numerical simulations. The
discrepancy between experimental and numerical results is most likely to be due to material
properties variability, specimen quality/imperfections introduced during the manufacturing process
and/or inaccuracies in the friction coefficient assumed between the projectile and plate or between
individual damaged plies. The impact induced damage was also identified by the X-ray radiography
technique and its extent and pattern correlated well with the numerical predictions. In addition,
the numerical model explicitly simulated the splitting damage mode at the bottom ply of the [0/90]2s

laminate when subjected to a 14.7J impact. The assumed stiffness and strength properties of the
cohesive elements used estimated reasonably well the splitting extent and pattern. Also the model
showed regions in the ply where resin cracks initiated but were not fully developed, something
that is more difficult to detect by X-ray radiography or any other non-destructive damage
evaluation technique, hence underestimating the severity of internal damage. This may have a
significant effect on estimating the residual strength properties and fatigue life of the laminate. 

In the near future other multi-directional lay-ups will be attempted, especially thick laminates
where a volume effect (scaling effect, especially at ply level) may be an issue(43,44). Physical tests
are also necessary to be performed in order to obtain accurate material parameters for the
simulation, like the friction coefficient between projectile and laminate. 

In addition, residual strength prediction under uniaxial compressive loading (compression
after impact, CAI), often a limiting design parameter in the aircraft construction with
composites(45,46), will be studied. The X-ray radiography might be difficult to accurately capture
the damage extent and pattern, since the zinc iodide solution used as penetrant may not enter cracks
that are partially formed or close after removal of loading. Thus, an effective detection tool such
as real time structural health monitoring(1,2) will be necessary for more accurate comparisons of
damage size between measurement and numerical simulation. For the numerical technique, a finer
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Figure 11. Splitting at the bottom 0° ply when the [0/90]2s laminate is subjected to a 14.7J impact. 

(a) Experiment and (b) Simulation.
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mesh density may be needed to better capture the crack spacing (density). This will require a higher
number of cohesive elements and hence higher computational time or more powerful computers.
It should be said though that the present study successfully demonstrated that stress and fracture
mechanics based criteria with carefully measured/selected material properties and fracture energies
can accurately predict the impact response and damage pattern in carbon fibre/epoxy cross-ply
laminates. 
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